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X-33 Experimental Aeroheating at Mach 6
Using Phosphor Thermography
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The goal of the NASA reusable launch vehicle technology program is to mature and demonstrate essential, cost-
effective technologies for next-generation launch systems. The X-33 flight vehicle presently being developed by
Lockheed Martin is an experimental single-stage-to-orbit demonstrator that seeks to validate critical technologies
and ensure applicability to a full-scale reusable launch vehicle. As with the design of any hypersonic vehicle, the
aeroheating environment is an important issue, and one of the key technologies being demonstrated on X-33 is an
advanced metallic thermal protection system. As part of the development of this thermal protection system, the X-
33 aeroheating environment is being defined through conceptual analysis, ground-based testing, and computational
fluid dynamics. An overview of the hypersonic aeroheating wind-tunnel program conducted at the NASA Langley
Research Center in support of the ground-based testing activities is provided. Global surface heat transfer images,
surface streamline patterns, and shock shapes were measured on 0.013 scale (10-in.) ceramic models of the proposed
X-33 configuration in Mach 6 air. The test parametrics include angles of attack from — 5 to 40 deg, unit Reynolds
numbersfrom 1 X 10° to 8 X 10°/ft, and body-flap deflections of 0, 10, and 20 deg. Experimental and computational
results indicate the presence of shock/shock interactions that produced localized heating on the deflected flaps and
boundary-layer transition on the canted fins. Comparisons of the experimental data to laminar and turbulent
predictions were performed. Laminar windward heating data from the wind tunnel was extrapolated to flight
surface temperatures and generally compared to within 50°F of flight prediction along the centerline. When
coupled with the phosphor technique, this rapid extrapolation method would serve as an invaluable thermal

protection system design tool.

Nomenclature

= enthalpy, Btu/lbm

= heat transfer coefficient, ¢ /(H,w — H,), where
Haw =1, lbl’n/(ftz : S)

= Mach number

pressure, psia

heat transfer rate, Btu/(ft-s)

unit Reynolds number, 1/ft

radius, in.

temperature, °R

time, s

velocity, ft/s

axial distance from origin, in.

lateral distance from origin, in.

vertical distance from origin, in.

angle of attack, deg

= control surface deflection, deg
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Subscripts

adiabatic wall

body flap

reference span

Fay-Riddell, stagnation-point, reference
heating condition

reference length

model nose

reservoir conditions

stagnation conditions behind normal shock
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Introduction

HE access to space study' conducted by NASA recommended

the developmentof a fully reusable launch vehicle (RLV)*™* to
provide a next-generationlaunch capability at greatly reduced cost.
This led to the RLV/X-33 technology program, an industry-led ef-
fortin partnership with NASA. The primary goal of the RLV/X-33
technology program is to enable significant reductions in the cost
of access to space. The full-scale RLV system must be lightweight
enough to achieve orbit and deliver a payload in a cost-effective
manner. As part of the RLV program, the X-33 is envisioned as a
subscale rocket technology demonstrator for a single-stage-to-orhit
(SSTO) RLV. The proposed X-33 vehicleis intended to demonstrate
key design and operational aspects of a commercially viable sys-
tem SSTO RLYV rocket. Following a Phase I industry competition
for X-33, Lockheed Martin’s lifting body concept was selected by
NASA and Lockheed was awarded a Phase IT contract (July 1996)
to pursue construction of the flight vehicle. Lockheed’s current lift-
ing body design (Fig. 1), shown in the dimensioned sketch at model
scale, represents a one-half scale RLV. It incorporates symmetric
canted fins, twin vertical tails, and two body flaps located at the
rear of the fuselage for aerodynamic control, and it is powered by a
linear aerospike engine.’

As part of the industry/government partnership, NASA Lang-
ley Research Center (LaRC) has been tasked with providing aero-
dynamic and surface heating data, including transition criteria, to
Lockheed Martin in support of X-33 development and design. To
meet the aerothermodynamic objectives outlined in the resulting
tasks, a synergistic experimental/computational approach was uti-
lized. A synoptic of the testing, computational, and analysis capa-
bilities performed at NASA LaRC as applied to X-33 is provided
in Ref. 6. Results from early Phase II wind-tunnel heating mea-
surements were compared to laminar and turbulent computational
fluid dynamics (CFD) computations” Flight peak heating rates over
the X-33 were then predicted with both an engineering code and a
Navier-Stokes solver. The early data set was also used to formulate
and support the use of a Reg /M, criteria to predict transition onset
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Table1 X-33 phase 2 aeroheating tests in NASA LaRC Aerothermodynamics Branch tunnels
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Year Tunnel Test Occupancy dates Runs Description
1996 20-in. M6 6731 Aug. 28-Sept. 13 1-46 D-loft forebody baseline
1996 M6 CF4 114 Oct. 17-Nov. 6 1-43 Yaw dispersions
1996 20-in. M6 6737 Dec. 6-Dec. 20 1-174 D-loft forebody transition
1997 20-in. M6 6751 June 23-June 30 1-52 Generic bowed-panel models
1997 20-in. M6 6751 July 15-July 17 52-56 Generic bowed-panel models
1997 20-in. M6 6753 July 17-July 22 1-22 Rev-C (37-deg dihedral) baseline
1997 20-in. M6 6753 Aug. 12-Aug. 20 22-50 Rev-C (37-deg dihedral) baseline
1997 20-in. M6 6751 Aug. 27-Aug. 29 56-99 Generic bowed-panel models
1997 20-in. M6 6751 Sept. 22-Sept. 24 100-115 Generic bowed-panel models
1997 20-in. M6 6763 Dec. 30-Jan. 6 1-29 Rev-F (20-deg dihedral) baseline
1998 20-in. M6 6763 Jan. 15-Jan. 22 30-68 Rev-F (20-deg dihedral) baseline
1998 20-in. M6 6763 Feb. 17-Mar. 4 69-203 Rev-F discrete roughness
1998 20-in. M6 6769 April 3-April 17 1-123 Rev-F bowed panels
1998 20-in. M6 6770 May 22-June 24 1-185 Rev-F attach-line roughness
1998 20-in. M6 6777 Aug. 5-Aug. 12 1-40 Rev-F blade vs sting
1999 20-in. M6 6786 May 3-May 14 1-84 Rev-G extended bowed panels
Canted fin 6
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Fig. 2 Typical X-33 trajectory.
R 0.629 148
wavy wall and the validity of the discreteroughnessdefined Re, /M,
transition criteria off vehicle centerline have been investigated?
Additional Navier-Stokes computations were performed at NASA
LaRC'" and NASA Ames Research Center (ARC),!! and detailed
comparisons with the more recent wind-tunneldata have been made
10.0 to validate computational techniques used in predicting complex
: three-dimensional flowfields.” The experimental results were ob-
tained in the NASA LaRC Aerothermodynamic Facilities Complex
< 12.16 | (AFC)."? Over 1100 tunnel runs from 16 different entries in two
facilities have been completed since August 1996. Table 1 provides
alist of all of the wind-tunnel tests that have been completed to date
in support of X-33 aeroheating since the Phase II down select.
E The purpose of this paper is to update and present an overview
20 deg of the most current experimental measurements to characterize the
X-33 windward and leeward aeroheating environments, and the pa-
52.8 deg per will focus on the heating associated with a nominally smooth
surface. The wind-tunnel data in this report were obtained from
the NASA LaRC 20-Inch Mach 6 Air Tunnel. In terms of Mach
and Reynolds number simulation, an early X-33 flight trajectory
0 de (9d-3) considered by Lockheed Martin (Fig. 2) indicates that the
g . g .
10 deg 63-ft-long flight vehicle would experience a length Reynolds num-
20 deg ber Re; between4 x 10° and 8 x 10° at a freestream Mach number

Fig. 1 Dimensions (in inches) for 0.013-scale X-33 model of configu-
ration F Rev-F.

for X-33 (Ref. 8). Since the time of these publications, additional
heating tests have been completed that supplemented the original
database and accommodated design changes to the vehicle outer
mold lines. Key Phase II experimentaland computational acroheat-
ing results are presented in this reference and in two companion
papers by Berry et al.’ and Hollis et al.!” An extensive testing ef-
fort was made to examine the effects of both discrete roughness
and distributed roughness [in the form of a simulated array of ther-
mally bowed metallic thermal protection system (TPS) panels] on
transition. The sensitivity of X-33 boundary-layertransition to this

of 6. This range of length Reynolds number can be produced in
the NASA LaRC 20-Inch Mach 6 Air Tunnel with an appropriately
sized model. A Re; range from 0.4 x 10° to 6.7 x 10° is achievedin
this tunnel with a 10-in. model length. The current flight trajectory
from Edwards Air Force Base into Michael Air Force Base has been
modified from the preliminary trajectory (9d-3) shown and would
place peak stagnationpointheating to a referencehemisphereduring
ascent near Mach 9 at o = 13 deg and during descent near Mach 7
ato =32 deg.

Test techniques that were utilized during these tests include ther-
mographic phosphors, which provide global surface heating im-
ages; oil flow, which provides surface streamline information; and
schlieren, which provides shock system details. Parametrics in-
cluded in these tests at Mach 6 were a large range of angles of
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attack to cover ascent and descent conditions (—5 < « <40 deg),
unit Reynolds number (Re/ft between 1 x 10° and 8 x 10°), and
body-flap deflections (8gg, =0, 10, and 20 deg). Emphasis will be
placed on the body-flap surface heating augmentationdue to deflec-
tion. Sample comparisons with CFD predictions (details provided
inRef. 10) are included and are used to assess the state of the wind-
ward surfaceboundary layer. Extrapolationand comparison of lami-
nar wind-tunnel heating measurements to flight surface temperature
predictions are made.

X-33 Body Shape Evolution and Description

The design of the Lockheed Martin X-33 lifting body that
emerged from the phase 1 competition drew on a synthesis of work
performed by the U.S. government and industry over the last few
decades!>!'* The X-33 body resembled a blunted slab with a delta-
shaped planform. Two body flaps trailed from the lower surface
outboard of the base mounted linear aerospike engine. These flaps,
along with a pair of canted fins and a single vertical tail, would be
employed for aerodynamic control. Aerodynamic wind-tunnel tests
conductedin governmentlaboratories[NASA LaRC'"!¢ and NASA
Marshall Space Flight Center (MSFC)'*] and commercial facilities
continuedafter Phase I down select with the goal of optimizing aero-
dynamic performance across the speed range. Although the basic
lifting body shape has been maintained throughout the develop-
ment, changes to the vehicle have occurred as the aerodatabasema-
tured. In the past, aeroheating information has significantly lagged
behind aerodynamics due to model and instrumentation complex-
ities associated with aerothermodynamic testing. The timeframe
of the X-33 program coupled with the recent development of the
two-color global phosphor thermography technique!’~!° presented
NASA LaRC with the first opportunity to conductan aerothermody-
namic screeningfrade in parallel with aerodynamic development.

Phase II aerodynamic optimization studies produced a series of
X-33 configurations with outer mold line (OML) changes of suffi-
cient significance to warrant several aeroheating assessment/trade
studies. The slab-delta configuration that emerged from the Phase I
down select and was used in the early part of Phase II heating tests
was designated by Lockheed as 603B1001D. This initial OML was
more commonly referred to in the aeroheating design community
as the D-loft. The subsequentconfiguration OML, the F loft Rev-C
(604B0002C), differed from the D-loft in that it had twin vertical
tails and incorporated some modifications that changed the nose
shape slightly and changed the base region (in the vicinity of the
engine). The nosecap changes were made to simplify the construc-
tion of the metallic TPS panels. Aerodynamic improvements to this
vehicle shape resulted in F-loft Rev-F (604B0002F), as shown in
Fig. 1. It has the same forebody shape as F-loft Rev-C, but the dihe-
dral of the 0012-64 airfoil canted fins was lowered from 37 to 20 deg
(to improve pitch-trim characteristics across the speed range), and
the negative fin incidenceincreased by 2 deg. Finally, the size of the
body flaps and vertical tails was increased (to improve trim char-
acteristics and low-speed lateral-directional stability, respectively).
The last OML iteration that has undergone heating tests at LaRC
is known as F-loft Rev-G (604B0002G). Small protrusions on the
leeward surface near the vertical tails were added to accommodate
internal structural changes, and the canted fin body fillet was modi-
fied. Although other more recent systematic configuration changes
have resulted in minor vehicle OML modifications, these changes
were not significant enough to warrant construction of new models
and additional wind-tunnel testing.

Experimental Methods

Models

A majority of the cast ceramic aeroheating models are a 10-in.-
long 0.0132-scale representation of the proposed 63-ft-long (from
nose to the end of the aerospike engine base) X-33 F-loft Rev-F
(604B0002F) flight vehicle. In addition to configuration assessment
of the X-33 OML revisions (L =10 in.), an attempt to characterize
qualitatively the influence of model size on tunnel partial blockage
effects was made. This was accomplished by limited testing of two
smaller scale Rev F models (L =5.7 and 6.5 in.).

Over 70 ceramic models were fabricatedin supportof the NASA
LaRC X-33 aerothermodynamicprogram, all of which share a com-

Fig. 3 X-33 F Rev-F ceramic models with three flap deflections.

mon construction technique. A rapid prototyping technique was
first used to build a resin stereolithography (SLA) model with var-
ious detachable body flaps on both the port and starboard region
of the base of the vehicle. The SLA resin model was then assem-
bled with the desired control surface settings and served as a pattern
to construct molds from which the cast ceramic model configura-
tions were made. A magnesia ceramic was used to backfill the ce-
ramic shells, thus providing strength and supportto the sting support
structure.

A photographof three 0.0132-scale (10-in.) Rev-F model config-
urations with the various body-flap deflections are shown in Fig. 3.
Typically, two casts of each configuration were made, the primary
being immediately prepared for testing and the backup shell held in
reserve,in case of problems with the primary. To obtainaccurateheat
transfer data with the phosphor technique, the models are cast with
a material with low thermal diffusivity and well-defined, uniform,
isotropic thermal properties. The phosphor coatings typically do
not require refurbishment between wind-tunnel runs and have been
measured to be approximately 0.001 in. thick. Details concerning
the model fabrication technique and phosphor coating can be found
in Refs. 20 and 21. Fiducial marks were placed on the model sur-
face to assist in determining spatial locations accurately. Once the
phosphor testing was completed, the untested backup models were
prepared (spray coated and kiln fired with a thin black glazing) for
use as oil flow and schlieren models.

Facility Description

The X-33 aeroheatingtestseries was conductedin two hypersonic
blowdown facilities that are part of the NASA LaRC AFC. Detailed
descriptions of and calibration results from the facilities within the
complex can be found in Ref. 12. A brief description of the NASA
LaRC 20-InchMach 6 Air Tunnel follows because a majority of the
tests were in this facility.

The NASA LaRC 20-InchMach 6 Air Tunnel uses heated, dried,
and filtered air as the test gas. Typical operating conditions for
the tunnel are stagnation pressures ranging from 30 to 500 psia,
stagnation temperatures from 760 to 1000°R, and freestream unit
Reynolds numbersfrom 0.5 x 10°to8 x 108/ft. A two-dimensional,
contourednozzleis used to provide nominal freestream Mach num-
bers from 5.8 to 6.1. The test section is 20.5 x 20 in. The nozzle
throatis 0.399 x 20.5 in. A bottom-mountedmodel injectionsystem
can insert models from a sheltered position to the tunnel centerline
in less than 0.5 s. Run times up to 15 min are possible with this
facility, although for the current heat transfer and flow visualiza-
tion tests, the model residence time in the flow is limited to only a
few seconds. Flow conditions were determined from the measured
reservoir pressure and temperature and the measured pitot pressure
at the test section.

Test Conditions and Setup

Nominal reservoir and corresponding freestream flow conditions
for the NASA LaRC 20-Inch Mach 6 Air Tunnel is presented in
Ref. 21. The freestream properties were determined from the mea-
sured reservoir pressure and temperature and the measured pitot
pressureat the test section. The reservoir pressure p, ; was measured
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with two silicon sensors having a full-scalerating of 150 or 500 psia,
depending on the operating condition of the tunnel. The reservoir
temperature 7, ; was measured with two iron-constantan thermo-
couples inserted through the wall of the settling chamber. Test-
section wall static and pitot pressures were monitored and compared
to tunnel empty conditions to assess if model blockage effects ex-
isted. No significant differences in pitot pressure were measured,
and it was concluded that significant blockage did not exist (up to
40-deg angle of attack, the limit of the tests). The ratio of projected
model frontal area to tunnel cross-sectional area for the present test
was 0.1 (at L =10 in. and o =40 deg).

All models were supported by a base-mounted cylindrical sting
with the exception of two models (L =6.5 and 5.7 in.) that were
blade supported from the leeside to assess support interference ef-
fects. Details of the X-33 ceramic heat transfer model installation
in the NASA LaRC 20-Inch Mach 6 Air Tunnel can be found in
Ref. 21. The various model configurations were pitched through an-
gle of attack in increments of 5 deg. A limited number of runs were
made at incidence angles outside these increments to match condi-
tions at points in the X-33 trajectory of interest to the aerodynamic
community. Sideslip was held fixed at 0 deg with the exception of
the tests conductedin the NASA LaRC 20-Inch Mach 6 CF; Tunnel
with a sideslip angle of 4 deg.

Test Techniques

The rapid advances in image processing technology that have
occurred in recent years have made digital optical measurement
techniquespracticalin the wind tunnel. One such optical acquisition
method is two-color relative-intensityphosphor thermography,! 1
which is currently being applied to aeroheating tests in the hyper-
sonic wind tunnels of NASA LaRC.?>~2* With this technique, ce-
ramic wind-tunnel models are fabricated and coated with phosphors
that fluoresce in two regions of the visible spectrum when illumi-
nated with ultravioletlight. The fluorescence intensity is dependent
on the amount of incident ultraviolet light and the local surface
temperature of the phosphors. By acquiring fluorescence intensity
images of an illuminated phosphor model exposed to flow in a wind
tunnel with a color video camera, surface temperature mappings can
be calculatedon the portions of the model thatare in the field of view
of the camera. A temperature calibration of the system conducted
before the study provides the look-uptables that are used to convert
the ratio of the green and red intensity images to global tempera-
ture mappings. With temperature images acquired at different times
in a wind-tunnel run, global heat transfer images are computed as-
suming one-dimensionalsemi-infinite heatconduction. The primary
advantage of the phosphor technique is the global resolution of the
quantitativeheat transfer data. Such data can be used to identify the
heating footprint of complex, three-dimensional flow phenomena
(e.g., transition fronts, turbulent wedges, boundary-layer vortices,
etc.) that are extremely difficult to resolve by discrete measure-
ment techniques. Because models are fabricated and instrumented
more rapidly and economically, global phosphor thermography has
largely replaced discrete heating instrumentationin NASA LaRC’s
AFC.

Flow visualization techniques, in the form of schlieren and oil
flow, were used to complement the surface heating tests. The NASA
LaRC 20-Inch Mach 6 Air Tunnel is equipped with a pulsed white-
light, Z-pattern, single-pass schlieren system with a field of view
encompassing the entire 20-in. test core. Images were recorded on
a high-resolution digital camera, enhanced with commercial soft-
ware and electronically placed into this report. Surface streamline
patterns were obtained using the oil flow technique. Backup ce-
ramic models were spray painted black to enhance contrast with
the white pigmented oils used to trace streamline movement. A thin
basecoatof clear silicon oil was first applied to the surface, and then
a mist of pinhead-sized pigmented-oil drops was applied onto the
surface. After the model surface was prepared, the model was in-
jected into the airstream and the developmentof the surface stream-
lines was recorded with a conventional video camera. The model
was retracted immediately following flow establishment and for-
mation of streamline patterns, and postrun digital photographs were
taken.

Data Reduction and Uncertainty

A 16-bit analog-to-digital facility acquisition system acquired
flow condition data on all channels at a rate of 20 samples/s.
Measured values of P,; and 7, are believed to be accurate to
within +2%. Heating coefficients were calculated from the global
surface temperature measurements using one-dimensional semi-
infinite solid heat-conduction equations, as discussed in detail in
Ref. 19. Acquisition of the surface temperature data was made at
the earliest possible time so as to preserve the semi-infinite solid
assumption even for areas such as the body flap and fin. In regions
of large temperature gradients or small radius of curvature (such as
the nosecap and fin leading edges), the error in the inferred heating
coefficient due to transverse conduction effects was minimized by
acquisition of the data at these early times. The relative intensity
phosphor technique does not necessitate corrections for roll-off an-
gle near the planform edges (such as variable emissivity with an
infrared thermography technique). As discussed in Ref. 19, the ac-
curacy of the phosphor system measurement is, to a large degree,
dependent on the temperature rise on the surface of the model. For
the windward side heating measurements, the phosphorsystem mea-
surementaccuracy is believedto be better than 8%, and the overall
experimentaluncertainty of the heating data due to all factors s esti-
mated to be +15% (including uncertaintiesin the thermal physical
properties of the ceramic material). In areas on the model where
the surface temperature rise is only a few degrees, that is, leeside
or aerospike engine, the estimated overall uncertainty increases to
at least £25%. Repeatability for the normalized windward center-
line (laminar) heat transfer measurements was found to be generally
better than £4%.

Prediction Method

X-33 Rev-F flowfield computations for selected angles of attack
and test conditions were performed using the GASP code® devel-
oped by Aerosoft, Inc. GASP is a three-dimensional, finite volume
code that incorporates numerous options for flux-splitting meth-
ods, thermochemical and turbulence models, and time-integration
schemes. Predicted heating from GASP has been validated against
flight data obtained from the shuttle orbiter.?® In the present work, a
perfect gas air model was employed with a Jacobi time integration
scheme. Full viscous terms were retained for all three directions.
A third-order Roe flux-splitting scheme was used in the normal di-
rection to capture accurately shock and boundary-layer gradients,
and third-order van Leer flux-splitting was used in the streamwise
and circumferential directions to promote stability. All cases were
treated as either fully laminar or turbulent. (The turbulentcomputa-
tions were performed using a modified algebraic Baldwin-Lomax
model as discussedin Ref. 10.) Grid description, sensitivity studies,
turbulence model, and further details regarding the computational
solutions presented in this report may be found in Ref. 10.

Results and Discussion
Preface

The X-33 aeroheating results presented in this paper are orga-
nized around specific locations on the vehicle such as body flap,
canted fin, etc. Presented in Fig. 4 is the X-33 windward surface
detailing the various nomenclature and flow features that will be
referred to in the discussions. Flow visualization in the form of
schlieren and surface oil flows are used to assist in the analysis of
the experimentally measured surface heating. The discussion of re-
sults will highlightsome of the more relevant conclusionsto date; a
more complete presentation of flow visualization observations can
be found in Ref. 21.

Heating distributions are presented in terms of the ratio of
enthalpy-based heat-transfer coefficients &/ hgg, where hgg corre-
sponds to the Fay and Riddel?” stagnation-pointheating, to a sphere
with radius equal to the wind-tunnel model nose (R, = 0.629 in. for
the 0.0132-scale 10-in.-long model). A color bar having a maxi-
mum value of 1/ hgg = 1 was selected for visual presentationof the
data (except where noted) to maintain consistency when viewing or
comparing theimages. Therefore, in areas where the measured local
heating exceeded the stagnation point reference value (h/ hgg > 1),
such as the deflected body flaps or fin leadingedges, a gray color has
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Flow features

Fig. 4 X-33 Vehicle nomenclature and flow features.

been assigned to the data. On the contour scale, the colors tending
toward red indicate areas of higher heating (temperatures), whereas
the colors toward blue represent areas of lower heating.

Windward Fuselage

The global effect of Reynolds number on the windward surface
heatingat Mach 6, « =40 and 20 deg, and §gr =20 deg is shown in
Figs.5a-5d and 6a-6d, respectively. These two incidentangles were
selected to illustrate the distinctly different global heating patterns
found on the windward surface near the model base. To understand
the nature of this elevated heating, windward centerline heating dis-
tributions at « =40 deg over a range of Reynolds numbers are com-
pared with laminar and turbulent prediction in Fig. 7. Comparisons
to laminar and turbulent predictions at other angles of attack can be
found in Refs. 9 and 10. At the highest Reynolds numbers tested,
the experimental heating distributions reveal a departure from the
laminar predictionnear X /L = 0.4. This departure suggests that the
boundarylayer is transitioningto a turbulentstate. (For these test re-
sults, the model surface was considered smooth and transition was
not forced via applied discrete roughness.) Thus, it is reasonable
to hypothesize that the progression of heating images in Figs. 5
and 6 display the evolution of the laminar windward boundary layer
at Rey/ft=1 x 10° to the transitionalturbulent state observed at
Re./ft=8 x 10°. As expected, boundary-layer transition first ap-
peared at the aft end of the model and was found to move forward
with increasing Reynolds number. The transition onset Reynolds
numbers should not be applied directly to flight due primarily to the
adverse effect of tunnel noise and inherent surface roughnessof the
phosphor-coatedceramic models (which may be different from that
found on the metallic surface of the flight vehicle?®°).

Consistent with earlier observations made on an X-33 D-loft
(603B1001D) forebody, distinctive patterns of the transition region
are observed with angle of attack. Figures 8a-8c illustrate the sig-
nificant differences found at o =20, 30, and 40 deg angles of at-
tack at a constant unit Reynolds number of 8 x 10°. At o =20 deg
(Fig. 8a), two transition regions symmetric about the centerline
are observed. As incidence angle is increased, the regions merge
(Fig. 8b) and eventually coalesce into a single parabolic shape at
a =40 deg (Fig. 8c). Experimental surface streamline patterns at a
unit Reynolds number of 4 x 10° (Figs. 9a-9c¢) indicate boundary-
layer inflow toward the model centerline at « = 20 deg. The inflow
of surface streamlines (Fig. 9a) results in a flow convergence on
the windward centerline, which would thicken the boundary layer
locally. The degree of forebody boundary-layerinflow at lower in-
cidence angles was not observed to vary with Reynolds number.
The inflow suggests that crossflow may be the mechanism responsi-
ble for transition at the higher Reynolds number (Fig. 8a). When the
sensitivity of the colorscale was increased (not shown), the presence
of heating striation patterns at low incidence angles was revealed.
It is believed that an array of streamwise-orientated boundary-
layer vortices exist on the windward surface and reveal themselves

a) Reo, =1 x 10%/1t

b) Res, =4 x 10%/ft

¢) Re,, =6 x 10%/ft

d) Re,, =8 x 10%/ft

Fig. 5 Effect of Reynolds number on windward heating patterns;
M =6, o = 40 deg, and dgy = 20 deg.



Fig. 6
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Effect of Reynolds number on windward heating patterns;

M =6, o = 20 deg, and dgy = 20 deg.
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Fig. 7 Windward centerline heating comparisons with laminar and
turbulent predictions; M, = 6 and o = 40 deg.

through local increases in surface shear and, thus, heating. This
vortex formation is believed to be indicative of the onset of three-
dimensional,crossflow-induced transitionfrom laminar to turbulent
flow. The appearance of heating striatia from vortices entrained
within supersonichypersonic boundary layers has been inferred
from flight measurements as well as observations in hypersonic
wind tunnels; see Ref. 30 for a more complete review of this phe-
nomenon.

Asymmetric boundary-layer transition on the windward surface
chine in the vicinity of the fin/body junction was observed on a few
isolated occasions during the test series (see Fig. 8b). This tran-
sition was attributed to (unintentional) isolated surface roughness
in the phosphor coating created from the impacts of small partic-
ulates (of less than 5 um) on the ceramic model. Although this
observation initially suggested heightened sensitivity of the chine
to transition, a correlation of isolated roughness data revealed that
the off-centerline locations were no more sensitive than those on
centerline.’

Windward Body Flap

Body-flap deflectionsof 0, 10, and 20 deg were tested to cover the
anticipated deflectionrange. The flow features and resulting surface
heating on the deflected flaps was complex and was in large part
determined by the extent of boundary-layerseparation ahead of the
flap and subsequent flow reattachment. In turn, the control surface
flow separation was largely determined by the state of the boundary
layer approachingthe flaps. As inferred from the o« =40 deg surface
heating patterns in Figs. 5a-5c, the flow leading up to the deflected
control surface is laminar (because transition is limited to the center
region only) and appears to separate ahead of the flap hinge line
(the cooler region upstream of the hingeline). The off-centerline
transition found at the higher Reynolds numbers for « =20 deg
(Figs. 6b-6d) reduces or nearly eliminates this separated region.

At low Reynolds numbers, however, the laminar separation re-
gion at the flap hinge line persists. The surface streamlines associ-
ated with laminar separation at Re,./ft =2 x 10° from 8gr = 20 deg
is shown in Figs. 10a-10c for @ =20, 30, and 40 deg. This flow sep-
aration region becomes smaller with increasing angle of attack. The
circulation of separated flow upstream of reattachment was highly
three dimensional with a strong curvature of the streamlines away
from the body-flap centerline. This outboard directed flow spillage
did not appear to influence the flow over the nearby canted fin (as
was observed on several X-33 Phase I configurations). The flow reat-
tachment downstream on the body flap was observed to be in close
proximity and nearly parallel to the hinge line at all angles of attack,
suggesting locally higher heating in this area. The body-flap hinge
line gap is plannedto be sealedto preventthe circulationof this high-
energy flow into a cavity. Expansion of the flow around the body-flap
edges is indicated by the local streamline curvature; the outboard
curvature is most pronounced at « =40 deg and is indicative of a
stronger lateral pressure gradient at the higher angles of attack.
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Fig. 8 Effect of angle of attack on windward transition patterns;
M =6, =20 deg, and Re,, =8 X 10/ft.

A 20-deg deflected body flap at angles of attack of 30 and 40 deg
produced a disturbance in the flap streamline pattern (Figs. 10b
and 10c). Computational predictions of the corresponding flowfield
(Ref. 15) indicated the interaction of the deflected flap shock with
the bow shock. The outboard location of the X-33 body flaps (in
contrast, for example, to the shuttle orbiter body flap) locates the
body-flap shock system in close proximity to the bow shock. Com-
puted flowfield results show that the resulting interaction produced
an expansion fan that impinged on the body flap in the same spatial
orientation as seen in the experimentalheating (Fig. 5a) and surface
streamlinepatterns (Figs. 10band 10c). A typicalside view schlieren
image, Fig. 11, at & = 30 deg, Spr =20 deg, and Re./ft=2 x 10°
is presented to characterize the shock system in this region. The
sensitivity of the schlieren system did not permit the detection of
the expansion wave disturbance. This type of surfacedisturbanceon

a) a =20 deg

b) o =30 deg

c¢) a=40deg

Fig. 9 Effect of angle of attack on windward surface streamlines;
M, =6, =20deg, and Re,, =4 X 10/ft.
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Fig. 10 Effect of angle of attack on body-flap surface streamlines;
M, =6, =20 deg, and Re,, =2 X 10/ft.

the flap had notbeen observed on earlier X-33 configurations due to
shorter length body flaps. Localized increases in body-flap surface
heating corresponding to flow reattachment near the hingeline and
from the expansionfan disturbance were observed (Fig. 5a) and will
be discussed in more detail later. The local heating peak from the
disturbance was observed at all Reynolds numbers, but because the
color bar scale for this report was set to provide the best sensitiv-
ity for presentation of windward surface transition images (on the
fuselage), the body-flap data are visually all off-scale.

To provide heating trends on the flaps in the absence of flow
separation, the entire undeflected body-flap (g =0 deg) surface
heating was averaged and presented (Fig. 12) as a function of
Reynolds number. As expected, the undeflected flap surface heating
increased with angle of attack. The averaged heating to the un-
deflected flap was essentially invariant with Reynolds number for
o =30 and 40 deg, suggesting that the attached flow over the control
surface remained laminar at these incident angles. The increase in
the averaged undeflected flap heating measured at Re../ft =4 x 10°
for « =20 deg has been attributed to the off-centerline transi-

Fig. 11 Schlieren image; M., = 6, a = 30 deg, dgr = 20 deg, and
Res =2 X 10%/ft.

0.50F o, deg
E -0 20
0.40F - 30
) i —— 40
Y9 g30F
her
0.20F
040t
0 1 2 3 4x10
Re,/ft

Fig. 12 Effect of angle of attack and Reynolds number on averaged
undeflected body-flap heating; M., =6 and gy = 0 deg.

tional/turbulent boundary layer on the forebody (upstream of the
flap; see progression of images in Figs. 6a-6d) spreading onto the
undeflected control surface.

The effect of control surface deflections on averaged flap sur-
face heating at Re,./ft=4 x 10° for « = 30 and 40 deg is shown in
Figs. 13a and 13b. Figures 13 present data obtained with a laminar
(Fig. 13a) and turbulent (Fig. 13b) boundary layer approaching the
flap (details of the boundary-layer tripping method can be found
in Refs. 10 and 22). The data presented in Figs. 13a and 13b are
presented in the form of a ratio of deflected to undeflected flap
heating. (In Figs. 13a and 13b, the undeflected flap reference heat-
ing was obtained for both laminar and turbulent conditions.) Pre-
sented in this fashion, these experimentally derived heating aug-
mentation factors may be used with dgr = 0 deg flight analytic so-
lutions to provide a preliminary estimate of deflected flap heating
levels in flight. Heating augmentation for angles of attack of 30 and
40 deg was found to increase linearly with flap deflections of 20
and 30 deg. Maximum heating augmentation values of 5-7.5 over
the laminar undeflected reference case and 2-3 over the turbulent
undeflected reference were measured. The heating augmentation
factors were insensitive to the state of the approaching boundary
layer (laminar or turbulent), which suggests that the boundary layer
downstream of reattachment on the flap was transitionalif not fully
turbulent.

Although the averaged body-flap heating was useful to exam-
ine trends, the local flow on the deflected flaps was observed to be
quite complex. With the exceptionof the lowest Reynolds numbers,
the heating levels found on the deflected body flaps generally meet
or exceed the theoretical reference stagnation level sgg. Right and
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Fig. 13 Averaged deflected body-flap heating normalized to laminar
and turbulent undeflected reference M., =6 and Re., =4 X 10°/ft.

left body-flap centerlineheating distributionsextracted from images
taken at oo = 40 deg, 8pr = 20 deg, and Re,./ft =2 x 10° are shown
(Fig. 14) for both a laminar and turbulent (tripped) boundary layer
approachingthe flap. For a laminar boundary layer approachingthe
deflected flap, the local centerline heating peaks from flow reattach-
ment (h/hrg = 1.6) and expansion fan impingement (2 / hpg = 1.3)
are measured at approximately 5 and 55% flap chord length and
are spatially consistent with surface oil-flow observations. The lo-
cal heating peak from flow reattachment was reduced nearly 60%
when the boundary layer was forced turbulent upstream of the de-
flected flap. Based on this observation, it is believed that the turbu-
lent boundary layer approachingthe flap reduced or eliminated flow
separation and produced turbulent heating levels. The laminar sep-
aration yields flow reattachmentthat is transitional and heating that
is characteristically higher than turbulent results. Computations'
suggest that the secondary heating peak downstream of reattach-
ment is the result of a thinning boundary layer produced from the
head of the expansion wave system impinging on the flap. The rapid
decrease in heating downstream of the secondary peak correlates
with a predicted drop in surface pressure from the expansion fan
tail.

Canted Fin

The shock shape about the X-33 F Rev-F model is shown
in planform view in Fig. 15 for o =30 deg, §gr =20 deg, and
Re./ft=2 x 10°. The bow shock was observed to interact with the
canted fin leadingedge at all angles of attack tested. Inherently three
dimensional, the observed shock orientations (inset, Fig. 15) most
closely resemble a two-dimensional Type VI interaction described
by Edney,*! which is known to produce a shear layer and expansion

— Right body flap
.......... Left body flap

/ Reattachment
/
/
Il
/
v

\.. Laminar approaching
o Expansion fan
.-.» impingement

if Turbulent approaching
boundary layer

. 5

0 0.5 1
Nondimensional flap chord length

" boundary layer

Fig. 14 Body-flap centerline heating distribution; M., =6, =40deg,
dpr = 20 deg, and Re., =2 X 10%/ft.

Fin shock

Shear layer

Bow shock —

Fig. 15 Schlieren image of bow/fin-shock interaction; M. =6,
a =30deg, dgr = 20 deg, and Re., =4 X 10°/ft.

fan. Depending on model angle of attack, this shear layeris thought
to be swept over the fin upper and/or lower surface, producing lo-
cal perturbationsin fin surface heating. The surface effect from the
shock interaction was not easily discernable from the streamline
patterns on the fins (Figs. 9a-9c) but was more readily identified
in the surface heating images (Figs. 6a-6d). The fin windward sur-
face heating resulting from this interaction is complex and more
distinct at lower angles of attack. On the canted fin windward sur-
face, elevated heating from boundary-layer transition (associated
with the bow/fin-shock interaction and possible leading-edge at-
tachment line contaminatior’?) occurs for unit Reynolds numbers
inexcess of Re, /ft =4 x 10° (Figs. 5c, 5d, 6¢, and 6d). Asymmetric
boundary-layertransitionon the windward fin surface was observed
on a few isolated occasions during the test series (see Fig. 5¢) and
was attributed to (unintentional) isolated surface roughness (dis-
cussed earlier) on the fin leading edge.
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Fig. 16 Canted fin heating distribution; M., = 6, dgr = 20 deg, and
Res =4 X 109/t

At high angles of attack characteristic of hypersonic entry, the
X-33 canted fin lower surface would be exposed to the flow and,
in the traditional sense, called a windward surface. At low angle
of attack representative of ascent, however, this same fin surface
would be shadowed from the flow (due to negative fin incidence).
Because of this situation, the fin surfaces in the following section
are referred to as upper and lower. Canted fin upper and lower sur-
face heating distributions extracted from images taken at « =0 and
30 deg, 8pr =20 deg, and Re,./ft=4 x 10° are shown in Figs. 16a
and 16b. The heating distributions were taken at the fin half-chord
station. At a low incidenceangle characteristicof ascent, the surface
heatingto the canted fin lower surface was less than that measured on
the upper fin surface (due to the negative fin incidence). At =0 deg
(Fig. 16a), the heating to the fin lower surface is relatively uniform
at this fin chord location with 4 /hrr = 0.1 and with no evidence
of locally large increases in surface heating from the bow/fin-shock
interaction.It is believed that the disturbances(shearlayer) from the
interaction are swept over the fin upper surface, producing locally
elevated heating. For example, heating to the undisturbed outboard
40% of the fin was found to be near h/hgg =0.15, whereas the
disturbed inboard 60% of the fin had a heating peak of approxi-
mately i1/ hpr =0.35. As anticipated, an increase in angle of attack
to 30 deg (Fig. 16b) produced heating levels on the fin lower surface
that are elevated above that measured on the upper surface.

As noted earlier, boundary-layer transition associated with the
bow/fin-shock interaction occurs for unit Reynolds numbers in ex-
cess of Re/ft=4 x 10°. Elevated fin heating from shock/shock in-
ducedboundary-layertransitionis apparentin the extracted fin heat-
ing distributions measured over a range of Reynolds numbers and
shownin Figs. 17aand 17b. The disturbance from the bow-shock in-
teractionon the fin lower surface at « = 30 deg (Fig. 17a) is not read-
ily discernable at the fin half-chord station until Re../ft =4 x 10,
Similarly, the transitional effects from the shock interaction on the
fin upper surface at « =0 deg (Fig. 17b) are not apparent below
Rey /ft=4 x 10°.

Engine
Impingementofthe separatedflow off the windward fuselagebase
onto the lower surface of the linear aerospike nozzle was inferred

1/2 cord

—o— Relft = 2x10°
—o— Relft = 3x10° s
—— Relfft = 4x108

06r —— Relft=>5x106

b Fin lower
0.1 surface
% 02 04 06 08 10
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)

0.6
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—o— Refft = 2x108
—o— Relft = 4x106
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h/h
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Fin upper
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O | P S S EE S MR SR
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Fig. 17 Effect of Reynolds number on canted fin heating distribution;
Mo, =6 and gy = 20 deg.
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Nondimensional length of Aerospike Engine

Fig. 18 Heating distribution on aerospike engine; M., = 6, a =
40 deg, dgr = 20 deg, and Re,, =4 X 10%/ft (flight prediction courtesy
K. Weilmuenster); a = 40 deg.

from elevated heating measured at this location (see Figs. 5b-5d).
Extracted heating distributions at o = 40 deg and Re . /ft =4 x 10°
(Fig. 18) indicated that, at reattachment, peak heating was on the
order of 10% of the nose stagnationvalue. Surprisingly, supportsys-
tem interference effects (leeside blade mount vs base sting mount)
in this region were not apparent. Flowfield computations'! at flight
conditionshave also predicted flow impingementon the nozzle, pro-
ducing heating rates on the order of 5% of the nose stagnation value.
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Fig. 19 Upper fuselage centerline heating comparison with laminar
prediction; M., =6, o = 40 deg, and dgr = 20 deg.

The experimental and theoretical evidence of nozzle flow impinge-
ment led to the design of a system to circulate residual hydrogen
through the structure during descent to actively cool the nozzle in
flight.

Leeward Fuselage

Much lower heating levels generally characterize the thermal
environment of a vehicle leeward surface at hypersonic entry
angles of attack. Comparison of leeward centerline heating at
Re /ft=2 x 10° and 4 x 10° with laminar prediction (Re./ft=
4 x 10%) at o = 40 deg is shown (Fig. 19). The laminar comparison
presented here and at lower angles of attack'® was generally within
the experimental uncertainty (25%) with the exception near the
end of the fuselage. This discrepancy may exist because the model
base and wake flow were computationally simplified.!® The actual
flow expansionfrom the leeside into the wake during the tests might
resultin the higher heating. No significant Reynolds number effects
were observed experimentally, which suggests either that the lee-
ward flow remained laminar or that the difference between laminar
and turbulent leeside heating is small. A heating maxima of 7.5%
of the stagnation reference value was measured at X /L =0.2.

At angles of attack more representative of ascent, the placement
of the X-33 TPS split lines in the vicinity of the nosecap becomes
more crucial. At low incidence angles, the upper fuselage is effec-
tively a windward surface. (Recall that vehicle peak heating during
ascent occurs near Mach 9, correspondingto o = 13 deg.) Laminar
centerline heating distributions along the vehicle upper surface at
Re . /ft=4 x 10° fora = —5, 0, 5, and 10 deg are shown (Fig. 20).
These low-angle-of-attack distributions were obtained as a small
part of a validation process aimed at determining TPS split lines.

Extrapolation to Flight

A feature of the phosphor thermography analysis package'®
(IHEAT) is the ability to extrapolate ground-based heating mea-
surements to flight radiation equilibrium wall temperatures. The
successful application of this technique to predict flight surface
temperatures for both laminar and turbulent conditions was first
demonstrated in the X-34 (Refs. 18 and 23) program and later for
X-38 (Ref. 24). Based on the initial success with the X-34 data and
the good agreement between the X-33 laminar data and GASP pre-
diction presented in this report, phosphor data were extrapolatedto
flight surface temperatures and compared to an equilibrium laminar
GASP flight prediction (Fig. 21). The tunnel data were obtained at
a =40 deg, 8y =20 deg, and Re,, ; =2 x 10°. Flight conditionsat
this angle of attack correspondto an altitude of 146,730 ft, velocity
of 7045 ft/s, Mach number of 6.6, and a length Reynolds number
of 5 x 10°. The body flap was omitted for the flight computation.
As with the X-34 flight case, no significant real gas effects were
anticipatedat this X-33 flight condition. The phosphorimages were
mapped to the three-dimensional vehicle surface geometry via a

hher

Fig. 20 Effect of angle of attack on upper fuselage centerline heating
distributions; M., =6, dgp =20 deg, and Re,, =4 X 10%/ft.
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Fig. 21 Extrapolationoflaminarexperimental centerline data to flight
conditions; M, =6.6 and o = 40 deg.

new optionin the IHEAT code. The global comparison of windward
surface temperature presented in Fig. 21 is shown along with data
extracted along the centerline. Generally, the surface temperatures
compare well over the entire image. The extrapolated wind-tunnel
data generally compare to within S0°F of prediction along the cen-
terline. This type of information providedto the designerearly in the
TPS evaluation process would be invaluable and could potentially
resultin significant savings of computationaltime required for flight
predictions.

Conclusions

One of the key technologiesbeing demonstrated on the Lockheed
Martin X-33 RLV demonstrator is an advanced metallic TPS. The
heating environment definition for X-33 incorporates conceptual
analysis, ground-based testing, and CFD into the TPS design pro-
cess. Thisreportprovidesan overview of the hypersonicaeroheating
wind-tunnelprogramconductedat the NASA LaRC in supportofthe
ground-basedtesting activities. In the past, aeroheatinginformation
has significantly lagged behind aerodynamic information due pri-
marily to model and instrumentation complexities associated with
aerothermodynamic testing. The X-33 program was able to take
advantage of recent developments in a two-color global phosphor
thermography technique, providing the first opportunity to conduct
an aerothermodynamicscreening/rade study concurrent with aero-
dynamic tests. The work reported herein served as a baseline for a
parallel effort to determine the effect of discrete roughness and dis-
tributed roughness due to a bowed panel (TPS) array on boundary-
layer transition. The study also provided a laminar and turbulent
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heating database with a wide range of parameters from which engi-
neering and benchmark CFD codes were validated against.

Global surface heat transfer images, surface streamline patterns,
and shock shapes were measured on 0.013-scale (10-in.) ceramic
models of the proposed X-33 configuration in Mach 6 air. The
test parametrics included angles of attack from —5 to 40 deg, unit
Reynolds numbers from 1 x 10° to 8 x 10°/ft, and body flap deflec-
tions of 0, 10, and 20 deg. Comparisons of the laminar and turbulent
experimental data were performed that also served to assess the
state of the windward boundary layer. It was determined that natu-
ral transition occurred on the windward surface. The smooth-body
transition patterns observed on the windward surface were strongly
dependenton angle of attack and were consistentwith early Phase I1
observations. At hypersonicentry incidence angles, a complex sur-
face flow environment was observed on the deflected body flaps
downstream of reattachment. Experimental and computational re-
sults indicated the presence of shock/shock interactions that pro-
duced localized heating on the deflected flaps and boundary-layer
transitionon the canted fins. At an incidence angle of 40 deg, a lam-
inar boundary layer approaching a 20-deg deflected flap produced
a local heating peak (/1 / hgg = 1.3) from a shock/shock interaction.
Laminar windward centerlineheating data from the wind tunnel was
extrapolatedto flight surface temperatures and generally compared
to within 50°F of flight prediction.
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